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Abstract: Cambodia's first CubeSat Apsara-1 is being developed through an ongoing collaboration between the Institute of
Technology of Cambodia and the University of Tokyo. In the early project phase, simulation methods are required for mission design.
One important component, needed to predict the mission lifetime, is an orbital simulator. For example, Apsara-1 is planned to be
launched into orbit in 2024 when solar activity is near its peak, leading to higher than usual atmospheric density in low Earth orbit
(LEO) which results in the reduction of the flight time. It is important to predict how long the satellite will remain in orbit, both for
effective operation planning and to meet international space regulations. In this paper, an in-house orbital simulator is developed
for this purpose. The simulator includes all the dominant forces needed to model the orbital dynamics at Apsara-1’s planned altitude
in LEO: gravitational forces due to Earth’s point mass and the J2 perturbation, as well as aerodynamic drag which determines the
orbital lifetime of the satellite. The simulator is verified against a publicly available orbital simulation tool. Differences in the
predicted orbital decay time between the in-house simulator and the existing tool are found to be less than 8%. The results show that
Apsara-1 will remain in orbit for between 75 and 255 days, depending on the solar activity and the altitude at release from the ISS.
In the nominal case, the mission will last for around 140 days. Beyond orbital prediction, it is shown that the in-house modular
simulator can easily be expanded to perform evaluation of various satellite subsystems, such as the onboard electrical power and
attitude control systems, which depend on the orbital motion. Overall, this numerical tool is expected to be valuable not only for
Apsara-1 but for the future Cambodian satellite missions in LEO.
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1. INTRODUCTION collaboration with the University of Tokyo to provide training

As other countries around the world, Cambodia is affected
by the climate change. Every year, Cambodia has encountered
natural disaster such as flooding and drought that heavily affect
the large number of Cambodian people. Providing a solution for
prevention and mitigation would help developing Cambodia’s
economy and improve the social well-being of Cambodian
people. One approach is to utilize space-based data. In the recent
year, many developing countries has started developing CubeSat
with hope that it could later provide a space-based platform for
serving the purpose of disaster response.

Since 2019, the Dynamics and Control Laboratory
(DCLab), a lab-based education provider located in the Institute
of Technology of Cambodia (ITC). has undertaken a
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workshops to ITC students on space engineering and technology,
in view of promoting space research and development activity in
Cambodia [1]. Most recently, in December 2020, the DCLab and
the Department of Aeronautics and Astronautics at the
University of Tokyo started the UT-ITC CubeSat Design
Challenge, which aims to develop a concept design of the first
Cambodian 1U CubeSat, Apsara-1. Apsara-1 is a student-led
project to understand how to use space technology to address
socio-economic challenges of Cambodia, and to promote STEM
education by providing a learning platform for students to
develop their skills in systems engineering and project
management [2].

Apsara-1 is planned to be launched into orbit in 2024.
Before any spacecraft is released into space, it has to be carefully
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developed because once in space, it is almost impossible to solve
any design mistakes. Therefore, verification and validation are
essential for the development of every satellite, and must be
conducted on the ground beforehand. In particular, Apsara-1 will
be launched when solar activity is at its peak, resulting in a
shorter orbital lifetime than usual. It is crucial to know the
expected lifetime for effective operation planning, and to ensure
that it meets with international space debris mitigation guidelines
which state that all spacecraft in low Earth orbit (LEO) must
deorbit within 25 years after operation has ended [3]. Therefore,
to facilitate satellite design and operation, it is important to create
a space environment / orbit simulator.

There are numerous existing orbital simulation software
tools, such as AGI’s Satellite Tool Kit (STK) [4], a.i.solutions’
FreeFlyer [5], NASA’s General Mission Analysis Tool (GMAT)
[6] and CNES’s Semi-analytic Tool for End of Life Analysis
(STELA) [7]. One of the advantages of using available tools is
that they can be utilized immediately and have many features.
However, one disadvantage is the cost: some tools require a paid
license to use their advanced features, and the limited features of
free packages may not be adequate for some applications. By
contrast, developing an in-house simulator is a valuable learning
exercise, and also allows a satellite development team to extend
it with additional functions and improve the performance in line
with the progress of a satellite project.

In this paper, we present the development of an orbital
simulator that can be used to estimate the lifespan of a CubeSat
in LEO. In addition, we verify and validate its performance
against a publicly available orbital simulator called STELA.

2. THEORETICAL BACKGROUND

2.1 Orbital reference frame

Earth rotation

. Earth

Ecliptic plane .
Equatorial plane

X
Vernal Equinox

Fig. 1. ECI reference frame

In order to develop an orbital simulator, the first step is to
define suitable reference frames for the analysis. The Earth
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Centered Inertial (ECI) frame is the choice for this paper. This
reference frame is illustrated in Fig. 1.

The ECI frame is centered on the Earth and fixed with
respect to inertial space. It has its origin at the center of the Earth.
The X axis is pointed towards the sun at the vernal equinox,
passing through the line where the equatorial plane and ecliptic
plane intersect. The Z axis is directed along the Earth’s axis of
rotation, pointing North. The Y axis completes the coordinate
system according to the right-hand rule.

2.2 State representation

V4
Earth rotation
Apogee
Line of nodes
. ﬁ = [vx'vy'vz]
Equatorial plane
| Ty A Satellite
=\v
\TZ
Y
Perigee Orbital plane
Earth
X

Fig. 2. Visualization of orbital state vector in the ECI frame

There are several ways to represent orbital information, and
two are especially popular. Both methods completely specify the
orbit, and can also be used to provide a complete set of initial
conditions for predicting the orbit at future times by solving an
initial value problem class of differential equations. The two
representations are: the state vector, which consists of the
object’s position and velocity vectors; and classical orbital
elements, which are also known as Keplerian orbital elements
and consist of six orbital parameters. For a two-body problem
with negligible perturbations, equations based on orbital
elements are convenient to quickly and easily estimate an
object’s state at any arbitrary time. On the other hand, an analysis
model based on the state vector is simpler and more useful to
account for significant, arbitrary, time varying forces such as
drag, which is expected to have a major impact on the orbit of
the target body in this LEO study. Therefore, in this paper the
state vector is used for all further orbital analysis. Note that an
object’s state vector can be used to compute its classical or
Keplerian orbital elements and vice versa.

Fig. 2 shows the position and velocity of a satellite in orbit
around the Earth in the ECI frame. The following vectors
indicate the position, r, velocity, v, and acceleration, a, of a
satellite in the ECI frame, expressed in Cartesian coordinates,



7(t) = x(OT+ y ()] + z(Ok (Eq. 1)
B(t) = 2O+ y(O)] + 2(O)k (Eq. 2)
a(t) = 2O+ y(O)F + 2Ok (Eq. 3)

where the vectors 7,  and k are the unit basis vectors in the X, Y
and Z directions. For conciseness, matrix notation can be used as
below,
77:[’0)’:2]' 1-7)=[x, y, Z]! Ei:[x'y' Z]
In astrodynamics, the orbital state vector is a formulate of
position vector # and velocity vector ¥ that together determine
the trajectory of the orbiting body in space. The orbital state

vector is usually denoted by X,
X=[FV]=[xyzxyZ
2.3 Force models

To describe the motion of a satellite, it is required to define
what forces are acting on it. Apsara-1 is planned to be deployed
from the International Space Station (ISS) by releasing it into
space with a specific initial velocity and position. Apsara-1 will
then orbit under the influence of Earth’s gravity, and the Earth
can be represented as a point mass as a first approximation.
However, there are several perturbation forces that also act on
the CubeSat. The J2 perturbation is a significant perturbing
gravitational force created by the oblateness of the Earth, that
causes the satellite’s orbit to undergo precession about the
Earth’s rotation axis. Atmospheric drag is another perturbation,
and it is responsible for the satellite’s altitude decay. In this
paper, we only take these two perturbations into account, since
they are the dominant effects acting on small satellites at 1SS
altitude. The motion of the satellite due to these forces can be
described using the following equation of motion,

ﬁpm + ﬁjz + ﬁatm = msata (Eg. 4)
where my,, is the mass of the satellite [kg], F,, is the
gravitational force due to Earth’s point mass acting on the
satellite [N], Fj, is the gravitational perturbation due to the
oblateness of the Earth [N], and F,;,, is the atmospheric drag
force [N].

2.3.1 Gravity point mass
To derive the equation of orbital motion, Newton's second

law and the universal law of gravitational are the starting points.
Then, the acceleration can be written as below
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_ G(mearth + msat)f

Tom r2 r

where G is the gravitational constant [m3-kg-s7?], and mg¢p, iS
the mass of the Earth [kg]. Since the mass of the satellite is much
smaller than the mass of the Earth, it can be neglected, and so

;-'; _ Gmearth I
pm rz2 r
or
= _ 3 _ H -
Apm = Tpm = — 57 (Eq. 5)

where d,,,,, is the acceleration of the satellite due to Earth’s point
mass [m/s], and Gm,q,¢ iS denoted by u which is the Earth’s
standard gravitational parameter [m? s].

2.3.2 J2 Perturbation

As the shape of the Earth is not perfectly spherical, Earth’s
gravity is also not spherical, and this affects the satellite’s
motion. The gravitational potential representing the true shape of
the Earth can be described by a spherical harmonic function. The
J» perturbation captures the majority of Earth’s non-sphericity,
and truncating the spherical expansion at this term is satisfactory
for this study. From the aspherical potential of /,, Uy, expressed

in the ECI frame,

), = -8 (1-3(2)")

the gradient operation is used to determine the resulting
acceleration acting on the central body,

(Eq. 6)

VU]Z = c_ijz
3, RS 2
4= — 2258 (1-5(2) x) (Eq. )
— 3”]2Reza 2\2
a]zy - 215 ( 1-5 (;) y) (Eq 8)
_ 3u,R 3_c5( 2
Yoz =725 ( - (?) Z) (Eg. 9)
4, = [alzx’ a5y aJZZ] (Eq. 10)

where d;, is the acceleration due to J, [m/s], J, is the second
zonal geopotential harmonic coefficient [dimensionless], Rg is
the radius of the Earth [m], and a; ,,a; , and d,, are the
components of @, along the axes of the ECI frame.



2.3.3 Atmospheric density model

In LEO, at ISS altitude, the effect of atmospheric drag on a
satellite cannot be neglected. Air drag causes the satellite’s
trajectory to decay down to re-entry. The acceleration due to
atmospheric drag d;,, can be determined by the equation

A 2 Vrel
INE
Msat [Vreil

where Cp, is the drag coefficient [dimensionless], A is the
satellite’s effective cross-sectional area [m?], p is the
atmospheric density [kg/m®], and v,.; is the speed of the
atmosphere relative to the satellite [m/s]. As a first
approximation, it can be assumed that the atmosphere rotates at
the same rate as Earth. Thus, the relative velocity can be found

by

- ; Cp (Eq. 12)

= —
Aatm =

Broy = U — g XF

Uret = [¥ + dg y,y + dg x,7] (Eq. 12)
where wg is the angular velocity of the Earth about its axis
[rad/s].

In the above two equations, the atmospheric density is the
most challenging parameter to be determined. There are
numerous density models that have been developed to determine
the density. In particular, the NRLMSISE-00 model has become
a standard for orbital dynamics modelling in LEO. This model
also takes solar activity into account, which is important given
the high solar activity during the expected mission period of
Apsara-1.
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Fig. 3 F10.7 solar activity prediction (adapted from [8])

Solar activity predictions describe the impact of space
weather on the atmosphere, and allow its effect on the expected
orbital lifetime of a satellite to be determined. The F10.7 (solar
radio flux) and Ap (geomagnetic planetary activity) indices can
be used as inputs to an upper atmosphere (also called
thermosphere) density model to calculate the atmospheric
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density. Higher solar activity leads to higher density at a given
altitude, and hence a shorter mission lifetime. Solar activity
predictions over around the next 10 years are shown in Fig. 3.
The solar cycle has a period of 11 years. It can be seen that the
target launch date of Apsara-1, January 2024, coincides with the
solar maximum.

For simplicity, in this paper an online density calculator [19]
was used to calculate atmospheric density data from initial
altitude to altitude at the end of life of Apsara-1. The calculator’s
graphic interface can be seen in Fig. 4. While the atmospheric
density varies with respect to altitude, it also varies as a function
of latitude and longitude at the same particular altitude. To
simplify, it can be assumed that the density at various latitudes
and longitudes at a particular altitude has a constant value that is
equal to the average at that altitude. The output of this method is
a table of density data that consists of atmospheric density as a
function of altitude. This table is used in the in-house simulator
for the purpose of Apsaral’s lifetime simulation.

NRLMSISE-00 Atmosphere Model

This page enables the computation and plotting of any subset of MSIS parameters:
neutral temperature, exospheric temperature, densities of He, O, N2, 02, Ar, H, N,
and total mass density.

% Select Date: (1960/02/14 - 2021/05/27 New: End date updating monthly) and Time

Year|2021 | Month: January v |Day(1-31): |01

Time | Universal v | Hour of day (e.g. 1.5): 1.5

W Select Coordinates

Coordinates Type Geographic v

Latitude(deg. from -90, o 90.): 55,

Height (km, from 0. to 1000.): 450
% Select a Profile type and its parameters:
Latitude, deg.[-90. - 90.] v Start|-80

Lengitude(deg..from 0. to 360.): |0

Stop 90 Stepsize 30

Optional Input parameters:

Note :If user docs not speeify these parameters, they will be taken from real data basc
F10.7(daily) 222.8 F10.7(3-month avg) 222.8 ap(daily) 155

Fig. 4. Atmospheric density online calculator (adapted from Rastaetter

[9]

To obtain an atmospheric density table to be used in
simulation, the steps are as follows. Step 1 is to find in Fig. 3 the
F10.7 and Ap indices during time of the mission for three solar
flux conditions: low, medium, and high. In step 2, on the online
atmosphere calculator website, the following tasks should be
performed: set “coordinate type” to geographic, set “longitude”
to 0 and leave the “latitude” at default, set “altitude” to 450km,
and set “profile type” to latitude with limits -90 and 90 and step
30 degrees. For “optional input parameters”, the values found in
step 1 should be input for one solar flux case (e.g., high), and the
density values should be generated and stored. In step 3, step 2
should be repeated for longitude equal to 30 degrees then 60 and
so on until 330 degrees, while other settings are unchanged. By
the end of step 3, a table of the Earth’s atmospheric density at
450 km altitude is created, with resolution 30 degrees in
longitude and latitude, and the average density at that altitude
can be calculated to reduce the dimension of the table to a single
value. In other words, the density no longer varies with respect
to longitude and latitude, but only changes as a function of



altitude. In step 4, steps 2 and 3 are repeated for altitudes of
400km, 350km and so on until 150km. By the end of this step, a
density table ranging from 150km to 450km with 50km
resolution for a given solar condition is obtained, covering the
expected orbital altitude range during the Apsara-1 mission. In
step 5, steps 2, 3 and 4 are repeated for the other two solar flux
conditions. Finally, the result is a density table consisting of the
mean density averaged over longitude and latitude at altitudes
from 450km to 150km in 50km increments. Values are stored for
three different solar activity conditions: low, medium, and high.

3. ORBITAL SIMULATION DEVELOPMENT

3.1 Orbital simulator architecture

Point Mass
Input State Gravity T
Differential
equation
} Output
ff
Interpolation J2 effect State
Integrator
) Aerodynamic
Density Table drag

Fig. 5. Orbital simulator architecture

There are three main orbital propagation techniques that can
be used to propagate a satellite along its orbit from an initial
position until the end of life: analytical technique, semi-
analytical technique, and numerical technique. In this paper, the
numerical technique is used. It requires an orbital dynamic
equation, which is a differential equation, solved by numerical
integration with a specified initial condition. The in-house orbital
simulator was developed step by step, module by module using
the MATLAB environment with the equation introduced in
section 2. Yet, the simulator has no user interface and which is a
feature to be further developed in the future.

Fig. 5 shows the architecture of the orbital simulator and
how each component interacts with the others. Overall, the
architecture is separated into three areas, distinguished by color.

The orange part refers to the input, the gray part represents the
computation part, and the green part represents the output. The
main part in this architecture is the “computation part” that
include differential equation and numerical integration. The
56differential equation is formed by combination of three
dominant force models include the point mass gravity, the j2
effect and the aerodynamic drag (atmospheric drag). The
computation part requires input from “input part” that contains
initial condition such as state vector and atmospheric density.
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The “output part” is generated from the “computation part” that
contain the propagated state vectors. The mathematical detail is
shown in Fig. 6.

A description of Fig. 5 is presented in the above three tables.
Table 1 describes the blocks of the input area that contain the
input state, density table, and interpolation. Even if the
interpolation block performs computation to calculate the
density at a specific altitude, it is considered to be in the input
area since it provides input data for the computation area. The
block “input state” refers to the current state vector to input for
propagating the next state. The other input parameters such as
the satellite properties, Earth’s properties, etc., that are
unchanged throughout the simulation time are declared into
relevant blocks of the computation area. For instance, the
aerodynamic drag calculation requires a drag coefficient of the
satellite, thus it is declared there.

Table 1 Input area of the architecture

Block Description
Input state The initial position and velocity vector
of the satellite.
Density table A table that consists of atmospheric

density data as a function of satellite
altitude in the range from 150km to
450km.

A numerical technique to calculate the
density based on the closest two values
in the table.

Interpolation

Table 2 describes the blocks of the computation area
consisting of a differential equation made up of the three force
models for point mass gravity, the J2 effect and atmospheric
drag, and an integrator that is used to solve the differential
equation.

Table 2 Computation area of the architecture

Block Description
Differential An equation that represents orbital
equation motion of the satellite, including the

three dominant forces.
Point mass Gravity force from the two-body
gravity problem.
J2 effect Perturbation due to oblateness of the
Earth.

Atmospheric
drag
Integrator

Drag force due to friction of the
satellite with the atmosphere.

The numerical scheme used to solve
the differential equation numerically.

Table 3 provides the description of the output area which
has only one block which is the output state. After each step of
numerical integration, the output state becomes the input state to
the subsequent iteration.



Table 3 Output area of the architecture

Block

Description

Output state The propagated orbital state vector of

the satellite.

3.2 Mathematical architecture of the orbital simulator

1

] |
|,7 5 o Dy =T+ wg X F %—I ’ [v, d] }—‘]‘ RK4 ll—
- 1 s i
!

i (. L., A .
[P , Aaem = _ipcdml'ml"'ml )

i [ 5 _ & 5 "
= 73)- a Agrm + Gpm + a,

[+i
-5 -5 n3-5()'s

Fig. 6. Mathematical architecture of the orbital simulator
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Fig. 6 displays the mathematical architecture of the orbital
simulator. It has the input area, computation area and output area.
The input area contains the initial orbital state vector and a look
up table of density. The density is a function of altitude, thus
based on the look up table, a linear interpolation method is used
to determine the density value at a specific satellite position. The
computation area is where the differential equation is formed and
computed by numerical integration. Based on performance and
convenience, the fourth order Runge Kutta method (RK4) is
chosen for numerical integration. The output area is the
propagated orbital state vector.

4. RESULTS AND DISCUSSION

Now that the simulator has been developed, it is used to
generate orbital decay trajectories of the 1U CubeSat Apsara-1,
to estimate the mission lifetime.

4.1 Problem setting

This section lists the parameters that are needed for the
simulation. It is assumed that Apsara-1 will be deployed from
the 1SS on 1 January 2024. The altitude of the satellite when
deployed from the ISS will be in the range between 380km and
420km. For this simulation, the average value of 400km is
chosen.

Table 4 provides the necessary orbital parameters that are
used to determine the initial orbital state vector. Inclination
defines the orbital plane orientation with respect to the equatorial
plane, and altitude defines the height from the surface of the
Earth to the satellite. Eccentricity is assumed to be zero due to
the near circular orbit of the ISS, and the argument of perigee
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and right ascension of ascending node (which define the
orientation of the orbital plane and of the orbital skewness) and
the true anomaly (which defines the position of a satellite along
its orbit) are assumed to be zero for simplicity.

Table 4 Initial orbital parameters configuration

Parameter Name Value Unit
i Inclination 51.6 °
h Altitude 400 km
e Eccentricity 0 -
W Argument 0 °
of perigee
Xy) Right 0 °
ascension of
ascending
node
v True 0 °
anomaly
Table 5 Properties of Apsara-1
Parameter Name Value Unit
m Mass 1.33 kg
A Area 0.015 m?
Cp Drag coefficient 2 -

Table 5 contains the properties of Apsara-1, namely mass,
frontal cross section area and drag coefficient. Assumed
constants are presented in Table 6. These constant values are also

required for the simulation.

Table 6 Other constant value

Symbol Name Value Unit
U Earth standard 398600.441 m3/s?
gravitational x 10°
parameter
I J2 coefficient 1.08262668 -
x 1073
Rg Earth’s equatorial 6,378,137 m

radius

4.2 Results and validation

The decay trajectories are simulated with three cases: one
nominal case and two off-nominal cases with different predicted
solar flux activity. The detailed description of each case is shown
in Table 7 below.

The orbital decay trajectories produced by the orbital
simulator are shown in Fig. 7, for the three previously mentioned
solar activity conditions, giving a total of three possible
trajectories. The ‘low’, ‘med’ and ‘high’ solar activity values are
respectively the 5, 50 and 95 percentiles for the solar flux



predictions in 2024-25. For the nominal condition, Apsara-1 will
be in orbit for around 144 days. The off-nominal case is divided
into 2 cases. With high solar flux, Apsara-1 would stay in orbit
for about 72 days. With low solar flux, Apsara-1 would stay in
orbit for around 255 days.

Table 7 Assumed solar flux condition

Solar flux condition Description
Medium Average solar flux for the mission
(50% solar flux) time.
High High predicted solar flux for the
(95% solar flux)  mission time.
Low Low predicted solar flux for the
(5% solar flux) mission time.

450
In-house vs STELA
—low = low
A400 —med = med
=) high — high
<3501 £ £
5
5300 N
jan) \
L \
250 \
1
200 L L L L I ]
0 50 100 150 200 250 300
time (day)

Fig. 7. Orbital decay trajectories result produced by STELA compared
to in-house orbital simulator

STELA is the tool that is selected to verify the newly
developed in-house simulator. It is a freely available tool that has
been designed by CNES (the French Space Agency). To verify
the result produced by the in-house simulator, STELA was used
to produce the decay trajectory with the same setup. Fig. 7 also
shows the result produced by STELA. Based on the result from
STELA, the shortest flight is about 78 days while the longest
flight time is about 275 days, and the normal flight duration is
around 146 days.

4.3 Discussion

As the result shows, Apsara-1’s lifespan has been estimated:
in the nominal case, it will remain in orbit for approximately five
months. However, to ensure that Apsara-1 meets with mission
objectives, we need to consider the worst scenario where Apsara-
1 has the shortest flight time, three months. Compared to the
general lifetime of a CubeSat in LEO, Apsara-1’s lifetime is very
short. Based on the prediction of the lifetime of Apsara-1, the
operation team shall create operation planning that reflects this
short flight duration and also conduct ground operation training
beforehand to ensure that Apsara-1 can finish all its planned
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experiments to meet with the defined mission objectives. In
addition, Apsara-1 also meets international space debris
regulation guidelines because in the worst (i.e., longest) case it
will deorbit within approximately nine months with the
minimum amount of solar activity.

By comparing the results from both simulators, the in-house
simulator produces good results with a difference of overall
approximately 8% for the decay duration compared to the

publicly available tool. One reason for the small variation
between both results is the fact that both simulators are built

differently. In particular, for the in-house orbital simulator, the

density data obtained for decay estimation is simplified by
making the assumption that the density at various latitudes and
longitudes at a particular altitude has a constant value which is
equal to the average at that altitude. On the other hand, STELA
uses a more accurate atmospheric density model, which accounts
for the changes in density with latitude and longitude.

As mention earlier, the most beneficial of the in-house
development of the simulator is that it is editable. While the
publicly available tools such as STELA has limited fixed feature
that do not allow the user to make any change as they needed.
The in-house simulator can be further improved and expend to
support the next the satellite development phases.

To upgrade and improve the in-house simulator, a more
realistic density atmosphere model should be used. Thus, the
decay estimation will be more realistic. Moreover, instead of
using only the J2 perturbation, additional higher degree and
order geopotential terms could be included. This will improve
the orbit determination to be more accurate, although it is not
expected to affect the performance of the decay estimation.
Apart from generating orbit trajectories for lifetime estimation,
the simulator could easily be extended to become a supporting
tool for the design and verification of other satellite subsystems.
For example, during the concept design phase of Apsara-1, the
simulator has been used to help design the attitude controller of
Apsara-1. Moreover, it also provides data on solar illumination
and eclipse conditions necessary to conduct thermal analysis for
the thermal subsystem and power budget analysis for the
electrical power system.

In addition, the development of the in-house orbital
simulator will also be useful in the future in DCLab. As the
Apsara-1 project progresses from one phase to the next, the
simulator will be needed to be used along the way. As this tool
is developed with modularity and reusability concept, it is easier
to add or remove more sophisticated physical effects and
simulation capabilities as the mission needs change and the
students’ abilities mature. In terms of a learning point of view,
the present simulator is hoped to become a tool for DCLab
members to learn and practice since it is required to be
continuously developed, with more new features added for the
next phase of Apsara-1 development. After the end of the
Apsara-1 project, the in-house simulator will remain a tool that
can support future satellite or rocket projects of DCLab.



5. CONCLUSIONS

In this paper, we developed an orbital simulator as a
supporting tool for mission design and analysis in the early phase
of a LEO CubeSat project. The simulator was used to generate
the orbital decay trajectories of the 1U CubeSat Apsara-1 and
predict its lifetime in orbit. To verify the simulator, the results
were compared with those obtained from the publicly available
orbit simulation software STELA. The orbital lifetimes obtained
using the two methods differed by around 8%, which is
acceptable for usage during the early design phase of the Apsara-
1 CubeSat. The contribution of the simulator is the lifetime
perdition that facilitate the development team in mission design
and also for space debris mitigation demonstration. Moreover,
the simulator also facilitates for subsystem design such as
electrical power and thermal subsystem which required orbital
information as inputs. As the simulator need further
improvement along the satellite development phases, for the next
step of development, we plan to increase the accuracy by
upgrading the perturbation model to a higher precision model.
For instance, the perturbation due to the non-spherical shape of
the Earth can be replaced by a full spherical harmonic function.
In addition, we plan to turn the orbital simulator into a
sophisticated environment/satellite simulator that is capable of
being used for the analysis of various satellite subsystems in a
single platform. Lastly, we also plan to make it more user-
friendly by developing a graphic user interface.
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